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SUMMARY 
Three h e l i c o p t e r  rotor a i r f o i l s  designed a n a l y t i c a l l y  have been i n v e s t i -  
ga t ed  i n  a wind t u n n e l  a t  Mach numbers from about 0 .30  to 0 .90  and Reynolds 
numbers from about  0 . 8  to  2 . 3  x l o6 .  
ratios of 0.08,  0.10, and 0 .12  with maximum thickness  a t  40 p e r c e n t  chord. 
The camber d i s t r i b u t i o n  of each s e c t i o n  was t h e  same with maximum camber a t  
35 p e r c e n t  chord. 
Reynolds numbers from 4 .8  to  9 . 4  x l o6 .  
The a i r fo i l s  had thickness-to-chord 
The 10-percent-thick a i r fo i l  was also i n v e s t i g a t e d  a t  
The d rag  divergence Mach number of t h e  10-percent-thick a i r f o i l  is about 
0 .83  a t  a normal-force c o e f f i c i e n t  of 0 and about 0 .72  a t  a normal-force coef- 
f i c i e n t  of 0 . 6  a t  Reynolds numbers near 9 x l o6 .  
f i c i e n t  is s l i g h t l y  less than t h a t  of the NACA 0012 a i r fo i l  tested i n  the same 
f a c i l i t y .  A t  the lower Reynolds numbers, t h e  drag divergence Mach number for 
s e p a r a t i o n  f r e e  f l o w  showed t h e  usua l  i nc reases  wi th  decreases i n  thickness-to- 
chord ra t io ,  and t h e  usua l  i n c r e a s e s  i n  maximum normal-force c o e f f i c i e n t  with 
i n c r e a s e s  i n  thickness-to-chord ratio. 
The maximum normal-force coef- 
The r e s u l t s  i n d i c a t e  t h a t  a q u a l i t a t i v e  eva lua t ion  of t h e  d rag  divergence 
can be made a t  normal-force c o e f f i c i e n t s  up t o  t h e  o n s e t  of boundary-layer 
s e p a r a t i o n  by a n a l y t i c a l l y  p r e d i c t i n g  t h e  o n s e t  of s o n i c  f l o w  a t  t h e  a i r f o i l  
crest. 
va lues  w i t h  t h e  experimental  d rag  divergence Mach number u p  to 0.05 higher  
than t h a t  i n d i c a t e d  by a n a l y s i s .  The differences between experiment and 
a n a l y s i s  can be related p r i m a r i l y  to  t h e  d e f i n i t i o n  of drag divergence app l i ed .  
A t  p r e s e n t ,  t h e  a v a i l a b l e  aerodynamic computing tools do n o t  permit a c c u r a t e  
p r e d i c t i o n  of p r e s s u r e  d i s t r i b u t i o n s  i n  c a s e s  where boundary-layer s e p a r a t i o n  
e x i s t s ;  t h e r e f o r e ,  a v a l i d  comparison between experiment and a n a l y s i s  cannot  
be made for t h e s e  condi t ions.  
The q u a l i t a t i v e  r e s u l t s  are conservat ive w i t h  r e s p e c t  to  experimental  
INTRODUCTION 
An a n a l y t i c a l  technique was used i n  r e fe rence  1 to e v a l u a t e  a i r fo i l s  f o r  
h e l i c o p t e r  rotor app l i ca t ion .  The a n a l y s i s  permitted assessment of t h e  in f lu -  
ences  of a i r f o i l  geometric v a r i a t i o n s  on the drag divergence Mach number a t  
l i f t  c o e f f i c i e n t s  from near z e r o  to near maximum l i f t .  The a n a l y t i c a l  results 
i n d i c a t e d  t h e  compromises i n  drag divergence Mach number which r e s u l t  from 
changes i n  ( 1 )  t h i c k n e s s  ra t io ,  (2)  l o c a t i o n  of maximum th i ckness ,  (3) leading- 
edge r a d i u s ,  (4)  camber a d d i t i o n ,  and ( 5 )  l o c a t i o n  of maximum camber for NACA 
four- and f i v e - d i g i t - s e r i e s  a i r foi ls  and some s i x - d i g i t - s e r i e s  a i r fo i l s  of 
p o t e n t i a l  i n t e r e s t  for h e l i c o p t e r s .  
I n  r e f e r e n c e  1 ,  three a i r f o i l  s e c t i o n s  which combined s e v e r a l  of t h e  geo- 
metric changes f a v o r a b l e  to both advancing and r e t r e a t i n g  s e c t i o n  d rag  d ive r -  
gence were def ined.  These a i r fo i l s  were t h e  08-64C, the  10-64C, and t h e  12-64C. 
These s e c t i o n s  had th i cknesses  of 8 ,  10, and 1 2  p e r c e n t  chord w i t h  t h e  maximum 
thickness  of each a t  40 p e r c e n t  chord; t hey  had the  s t anda rd  NACA fou r -  and 
f i v e - d i g i t - s e r i e s  a i r f o i l  leading-edge r ad ius ;  and t h e i r  maximum camber w a s  
a t  35 pe rcen t  chord. The 12-percent-thick s e c t i o n  i n d i c a t e d  a higher drag 
divergence Mach number than t h e  classic NACA 0012 a i r f o i l  a t  l i f t  c o e f f i -  
c i e n t s  g r e a t e r  than zero.  The t h i n n e r  s e c t i o n s  appeared to  have even higher  
drag divergence a t  l i f t  c o e f f i c i e n t s  below 1 . O .  
An experimental  i n v e s t i g a t i o n  has been conducted (1 ) t o  determine t h e  
aerodynamic c h a r a c t e r i s t i c s  of t h e s e  t h r e e  a i r f o i l s  which were no t  covered 
by a n a l y s i s  ( i n  particular t h e  maximum normal-force c o e f f i c i e n t s ,  t he  normal- 
force-drag ra t ios ,  and t h e  p i t c h i n g  moment as a f u n c t i o n  of Mach number), and 
(2) t o  e v a l u a t e  the  a n a l y t i c a l  approach desc r ibed  i n  r e f e r e n c e  7. The t h r e e  
a i r f o i l s  were t e s t e d  i n  t h e  Langley 6- by 19-inch t r a n s o n i c  t u n n e l  a t  Mach 
numbers from abou t  0.30 to 0.90. The Reynolds numbers v a r i e d  from a b o u t  0.8 
to 2.3 x l o 6  based on a i r f o i l  chord. Af t e r  t h e s e  tests, t h e  Langley 6- by 
28-inch t r a n s o n i c  t u n n e l  became a v a i l a b l e  and t h e  10-percent- thick a i r f o i l  
was t e s t e d  over a similar Mach number range wi th  Reynolds numbers v a r i e d  from 
4.8 t o  9.4 x lo6.  The models were t e s t e d  smooth and wi th  f i x e d  t r a n s i t i o n .  
Normal-force and pitching-moment c o e f f i c i e n t s  were determined from measure- 
ments of a i r f o i l - s u r f a c e  s t a t i c  pressures: drag c o e f f i c i e n t s  were determined 
from measurements of wake  to ta l  and s t a t i c  p res su res .  
SYMBOLS 
The u n i t s  used f o r  t h e  p h y s i c a l  q u a n t i t i e s  i n  t h i s  paper are given both 
i n  the I n t e r n a t i o n a l  System of Un i t s  (SI)  and i n  U . S .  Customary Units .  The 
measurements and c a l c u l a t i o n s  were made i n  U.S. Customary Units .  
b width o f  t unne l  a t  a i r f o i l  l o c a t i o n ,  cm ( i n . )  
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number f o r  drag divergence 
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dynamic p res su re ,  -pV2, Pa ( p s i )  
Reynolds number based on a i r f o i l  chord and free-s t ream cond i t ions  
a i r f o i l  th i ckness ,  cm ( i n . )  
v e l o c i t y ,  m/sec ( f t / s e c )  
a i r f o i l  abcissa, cm ( i n . )  
o r d i n a t e  of a i r f o i l  mean l i n e ,  cm ( i n . )  
angle  of at tack, angle  between a i r f o i l  chord l i n e  and airstream 
d i r e c t i o n ,  deg 
angle  of attack corrected f o r  l i f t - i n t e r f  erence e f f e c t s ,  deg 
wind- tunne 1 wa 11 boundar y-1 ayer displacement t h  ic  knes s meas ur ed 
a t  a i r f o i l  model leading-edge s t a t i o n  (model removed from t u n n e l )  
d e n s i t y ,  kg/m3 ( s l u g s / f t 3 )  
S u b s c r i p t s  : 
1 local  
t total  
00 f r e e  stream 
3 
Abbreviations:  
U.S. upper s u r f  ace 
L.S. lower s u r f a c e  
APPARATUS AND METHODS 
A i r f o i l s  
The a i r f o i l  p r o f i l e s  ( f i g .  1 )  were de f ined  i n  r e f e r e n c e  1 and were desig-  
nated as the  08-64C, 10-64C, and 12-64C a i r f o i l s .  The f i r s t  two d i g i t s  i n d i c a t e  
t h e  thickness-to-chord ra t io;  i n  64C, t h e  6 i n d i c a t e s  u s e  of a s t anda rd  leading-  
edge r ad ius  f o r  t h e  NACA four- and f i v e - d i g i t - s e r i e s  a i r f o i l s  ( r e f .  21,  t h e  4 
i n d i c a t e s  a maximum t h i c k n e s s  l o c a t i o n  a t  40 pe rcen t  chord, and t h e  C i n d i c a t e s  
t h a t  camber has  been added to t h e  t h i c k n e s s  d i s t r i b u t i o n .  The t h i c k n e s s  d i s t r i -  
bu t ion  is t h a t  of t h e  NACA a i r f o i l  equa t ions  of r e fe rence  2. The maximum camber 
( f i g .  2) is l o c a t e d  a t  35 pe rcen t  chord and was ob ta ined  by e x t r a p o l a t i n g  t h e  
NACA f i v e - d i g i t - s e r i e s  a i r f o i l  camber-line geometry ( r e f .  3) from t h e  maximum 
s p e c i f i e d  value of 25 pe rcen t  chord. As i n d i c a t e d  i n  r e f e r e n c e  1 ,  t he  amount 
of camber was l i m i t e d  to  provide a maximum p i t c h i n g  moment a b o u t  t h e  aerody- 
namic center  a t  l o w  subsonic  v e l o c i t i e s  of no more than -0.02. The a i r f o i l  
p r o f i l e  design coord ina te s  are p resen ted  i n  t a b l e s  I t o  111. 
A m o d e l  of each a i r f o i l  shape was machined from a s t a i n l e s s  s teel  block 
and had a s u r f a c e  f i n i s h  of 0.813 llm (32 l-lin.) (root mean s q u a r e ) .  The models 
had a 10.16-cm (4.00-in.) chord and a span of 15.24 c m  (6.00 i n . )  w i t h  22 or i -  
f i c e s  ( t a b l e s  I V  t o  V I )  l o c a t e d  on each s u r f a c e  i n  chordwise rows; t h e  rows are 
pos i t i oned  12.5 p e r c e n t  span on e i t h e r  s i d e  of t he  midspan. S l o t s  were m i l l e d  
i n  t h e  a i r f o i l  s u r f a c e ,  and tubes  were placed i n  t h e  slots and covered wi th  
epoxy. The o r i f i c e s  were then d r i l l e d  from the  o p p o s i t e  s i d e s  of t h e  model so 
t h e r e  a re  no s u r f a c e  i r r e g u l a r i t i e s  near t h e  o r i f i c e  row. The o r i f i c e s  had 
diameters of 0.0243 c m  (0.01 35 in . )  and were d r i l l e d  perpendicular  to t h e  local 
su r face .  The models were mounted to  c i rcular  end p l a t e s  which were f l u s h  wi th  
t h e  walls. 
A second model of t h e  10-64C a i r f o i l  was f a b r i c a t e d  f o r  tests a t  higher  
Reynolds numbers i n  tne Langley 6- by 28-iiich transonlz tiiiincl (ref.  4 ) .  This 
model was i d e n t i c a l  to t h e  10-percent-thick model used i n  t h e  Langley 6- by 
19-inch t r a n s o n i c  tunne l ,  except  f o r  t h e  a d d i t i o n  of mounting t angs  which were 
i n s e r t e d  i n t o  t h e  circular end p l a t e s ;  t h i s  arrangement pe rmi t t ed  tests a t  t h e  
l o a d s  corresponding t o  t h e  higher Reynolds numbers. 
Wind Tunnels 
Tunnel desc r ip t ion . -  The Langley 6- by 28-inch t r a n s o n i c  tunne l  ( r e f .  4) 
is a blowdown wind t u n n e l  with a 0.125-open-slotted f l o o r  and c e i l i n g  and is 
gene ra l ly  ope ra t ed  a t  s t a g n a t i o n  p r e s s u r e s  from about 207 Pa (30 psia) t o  
620 Pa (90 p s i a )  and a t  Mach numbers from 0.35 to  0.90. A t  a s t a g n a t i o n  pres- 
sure of 620 Pa, the maximum Reynolds number, based on a 10.16-cm (4.00-in.) 
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chord,  v a r i e s  f r a n  4.8 x l o 6  a t  a Mach number of 0.35 to  9.4 '* IO6 a t  a Mach 
number of 0.90. Mach number is c o n t r o l l e d  by h y d r a u l i c a l l y  ac tua t ed  choker 
doors located downstream of the test  s e c t i o n .  The a i r f o i l  model spans t h e  
15.24-cm (6.00-in.) width of t h e  t u n n e l  ( f i g .  3) and is r i g i d l y  a t t ached  by 
mounting t a n g s  to t w o  c i r c u l a r  end plates which are d r iven  by a h y d r a u l i c  
a c t u a t o r  to p o s i t i o n  t h e  a i r f o i l  a t  the desired ang le  of at tack. A test run 
u s u a l l y  c o n s i s t s  of an angle-of-attack sweep a t  a cons t an t  Mach number and 
Reynolds number. 
The Langley 6- by 19-inch t r a n s o n i c  tunnel  ( r e f .  5) is also a blwdown 
wind t u n n e l  with a 0.125-open-slotted f l o o r  and c e i l i n g .  Th i s  t u n n e l  can be 
operated a t  Mach numbers f r u n  about 0.30 to  0.90, bu t  it does not  have inde- 
pendent c o n t r o l  of Mach number and s t agna t ion  p res su re .  The Reynolds numbers, 
based on a 10.16-cm (4.00-in.) chord, range frun about 0.9 to 2.2 x IO6 a t  Mach 
numbers of 0.35 and 0.90, r e s p e c t i v e l y .  The a i r f o i l  model is r i g i d l y  supported 
by dowel p i n s  i n  c i r c u l a r  end p l a t e s  which are  manually r o t a t e d  to vary t h e  
angle  of at tack. A test run u s u a l l y  c o n s i s t s  of a Mach number sweep a t  a con- 
s t a n t  a n g l e  of at tack. The Mach number c o n t r o l  c o n s i s t s  of dec reas ing  t h e  tun- 
n e l  s t a g n a t i o n  pressure to b r i n g  about a decrease i n  Mach number. 
Two-dimensionality o f  flow.- The r e s u l t s  of an earlier i n v e s t i g a t i o n  of 
r o t o r c r a f t  a i r fo i l s  i n  t h e  Langley 6- by 28-inch t r a n s o n i c  t u n n e l  ( r e f .  6) have 
shown t h a t  t he  i n d i c a t e d  maximum normal-force c o e f f i c i e n t  is reduced by t u n n e l  
w a l l  boundary-layer i n f luences .  Th i s  is cha rac t e r  istic of two-dimensional wind 
t u n n e l s  without  proper s i d e w a l l  boundary-layer c o n t r o l  and occurs because t h e  
tunne l  w a l l  boundary l a y e r  is t h i c k e r  than t h a t  of the a i r f o i l ;  t h e r e f o r e ,  i n i -  
t i a l  s e p a r a t i o n  begins a t  the  t u n n e l  w a l l .  E f f o r t s  are under way to correct 
t h i s  d i f f i c u l t y ,  but the  s o l u t i o n  was not a v a i l a b l e  f o r  t h e  i n v e s t i g a t i o n  
desc r ibed  i n  t h i s  report. 
Although it is not possible to determine p r e c i s e l y  t h e  a f f e c t e d  Mach number 
range or t h e  loss i n  maximum normal-force c o e f f i c i e n t  of t h e  a i r f o i l s  r epor t ed  
he re in ,  a comparison of t h e  NACA 0012 data measured i n  t h i s  f a c i l i t y  (ref. 6)  
w i th  unpublished data from t w o  o t h e r  f a c i l i t i e s  has been u s e f u l  i n  i n d i c a t i n g  
t h e  magnitude of t h e s e  losses. The maximum normal-force c o e f f i c i e n t s  measured 
i n  t h e  Langley low-turbulence p r e s s u r e  tunne l  and t h e  United Technologies 
Research Center 8 f o o t  t u n n e l  a t  similar Reynolds numbers and a t  a Mach number 
of 0.36 are higher than t h a t  from t h e  Langley 6- by 28-inch t r a n s o n i c  t u n n e l  by 
about  0.15. The d i f f e r e n c e  between t h e  data from t h e  Langley 6- by 28-inch 
t r a n s o n i c  tunnel- and t h e  United Technologies data decreased to  0.10 a t  a Mach 
number of about  0.55. Incremental  va lues  f o r  o the r  a i r f o i l s  may vary s l i g h t l y  
due to  specific c o n f i g u r a t i o n  in f luences .  
Reference 6 also reports t h a t  t h e  maximum normal-force c o e f f i c i e n t s  from 
t h e  Langley 6- by 19-inch t r a n s o n i c  t u n n e l  are l i m i t e d  by premature s e p a r a t i o n  
of t he  t u n n e l  s i d e w a l l  boundary l a y e r .  The incremental  i n f l u e n c e  of t h e  W a l l s  
on maximum normal-force c o e f f i c i e n t  would not n e c e s s a r i l y  be t h e  same as t h a t  
of t h e  Langley 6- by .>&inch t r a m o n i c  tunne l  because e f  t h e  d i f f e r e n c e  i n  
Reynolds number and i n  s p e c i f i c  wind-tunnel geometry. 
An i n v e s t i g a t i o n  conducted i n  t h e  ONERA R1 Ch wind t u n n e l  ( r e f .  7) has 
shown t h a t  t h e  t u n n e l  s i d e w a l l  boundary l aye r  can a f f e c t  t h e  normal-force 
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c o e f f i c i e n t s  a t  a l l  angles  of at tack ( t h a t  is, wi th  e i t h e r  a t t ached  or sepa- 
r a t e d  boundary l a y e r s )  . I n  t h i s  i n v e s t i g a t i o n ,  t h e  s idewa l l  boundary-layer 
th ickness  w a s  va r i ed  by applying s idewa l l  s u c t i o n  upstream of the  model whi le  
t h e  Mach number and Reynolds number were held cons tan t .  Genera l ly ,  an i n c r e a s e  
i n  s idewal l  boundary-layer t h i ckness  r e s u l t e d  i n  a decrease  i n  the  normal-force 
c o e f f i c i e n t  a t  a given angle  of attack: t h e  t r end  reversed  a t  Mach numbers 
g r e a t e r  than 0.85 wi th  a supercr i t ical  a i r f o i l .  A t  a Mach number of 0.30 and 
wi th  the ra t io  of s idewa l l  boundary-layer displacement  th i ckness  to tunne l  
width equa l  to  t h a t  measured i n  t h e  Langley 6- by 28-inch t r a n s o n i c  
tunne l ,  the  l i f t - c u r v e  slope i n  t h e  ONERA f a c i l i t y  was about  3 percen t  less 
than  t h a t  for zero boundary-layer t h i ckness .  
6*/b 
Although some progress has been made toward an understanding of t h e  i n f l u -  
ences  of tunne l  s idewa l l  boundary l a y e r  on a i r f o i l  test  resul ts ,  t h e  state of 
the a r t  does not permit a gene ra l  c o r r e c t i o n  of two-dimensional wind-tunnel 
data to account f o r  t hese  in f luences .  Because of t h i s ,  test r e s u l t s  i n  t h i s  
report are compared (as appropriate) to those  f o r  t h e  NACA 0012 a i r f o i l  tested 
i n  t h e  same wind tunne l  ( r e f .  6 )  a t  comparable Reynolds numbers. 
Apparatus 
Wake-survey probe.- A t r a v e r s i n g  wake-survey probe is c a n t i l e v e r e d  from 
one tunnel  s idewal l  to measure t h e  p r o f i l e  drag of  t h e  a i r f o i l s .  The probe 
v e r t i c a l  sweep rate ,  which was s e l e c t e d  a f t e r  experimental  de te rmina t ion  of 
acceptable  l a g  t i m e  i n  t h e  pressure measurements, was about  2.54 cm/sec 
(1 . O O  in/sec) . 
The probe used i n  t h e  Langley 6- by 28-inch t r a n s o n i c  tunne l  ( f i g .  3)  was 
loca ted  2.75 chords (based on t h e  10.16-cm (4.00-in.) chord m o d e l )  downstream 
of the  a i r f o i l  t r a i l i n g  edge. Data are acqui red  wi th  four  t o t a l  pressure t u b e s  
which are  made of s t a i n l e s s  steel tubing  wi th  a 1.53-mn o u t s i d e  d iameter ,  a 
1.02-nun i n s i d e  diameter (0.060 i n .  by 0.040 i n . )  , and l a t e ra l  spacing.  (See 
f ig .  4.)  
The probe used i n  t h e  Langley 6- by 19-inch t r anson ic  tunne l  was similar 
to t h e  one used i n  the  Langley 6- by 28-inch t r a n s o n i c  tunne l  except  t h a t  it 
had three  t o t a l  pressure tubes :  one l o c a t e d  on t h e  tunne l  cen te r  l i n e ,  one 
0.76 c m  (0.259 i n . j  t o  the  i e f t  of the  center iine, aid afie 0.64 cm (0 .252 iz.) 
to the  r i g h t  of t he  cen te r  l i n e .  The tubes  were made wi th  a 1.27-nun 
diameter and a 1.02-mn i n s i d e  diameter (0.050 in .  and 0.040 in . )  s t a  
steel tubing. The probe was l o c a t e d  1.77 chords (based on 10.16-cm 
chord model) downstream of the  a i r f o i l  t r a i l i n g  edge. 
Ins t rumenta t ion  .- A l l  measurements made during t h e  test program 
o u t  i n  the  Langley 6- by 28-inch t r a n s o n i c  tunne l  were obta ined  wi th  
of a high-speed, computer-controlled d i g i t a l  d a t a  a c q u i s i t i o n  system 
o u t s i d e  
n l e s s  
4.00-in. 
carried 
t h e  u s e  
and were 
recorded by a high-speed tape r e c o r d i n g - u n i t  ( r e f .  4 ) .  
tions were determined from s t agna t ion  and s t a t i c  p res su res .  A l l  a i r f o i l  su r -  
face pressures  and a l l  w a k e  p re s su res  were measured wi th  p r e c i s i o n  c a p a c i t i v e  
potentiometer p re s su re  t r ansduce r s .  The e lectr ical  o u t p u t s  f ram each of t h e s e  
t ransducers  were connected to i n d i v i d u a l  autoranging s i g n a l  cond i t ione r s  which 
A l l  f ree-s t ream condi- 
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have seven a v a i l a b l e  ranges. 
t i o n e r s  measuring t h e  wake p r e s s u r e s  were f i l t e r ed  wi th  20-Hz low-pass f i l t e r s  
be fo re  i n p u t  t o  the data a c q u i s i t i o n  system; t h e  range of f r equenc ie s  to be 
passed was expe r imen ta l ly  determined during a p rev ious  i n v e s t i g a t i o n .  
geometr ic  a n g l e  of a t tack was determined from t h e  o u t p u t  of a d i g i t a l  s h a f t  
encoder a t t a c h e d  to a p in ion  engaging a rack on one model support  end p l a t e .  
The o u t p u t  s i g n a l s  from t h e  fou r  s i g n a l  condi- 
The 
A l l  measurements made during t h e  Langley 6- by 19-inch t r a n s o n i c  t u n n e l  
i n v e s t i g a t i o n  were ob ta ined  with a "hard-wired" d i g i t a l  data a c q u i s i t i o n  sys- 
tem ( r e f .  5) and were recorded on a magnetic t a p e  u n i t .  Transducers with f i x e d  
ranges were used to  measure t h e  two basic tunnel pressures, a l l  a i r f o i l  s u r f a c e  
p r e s s u r e s ,  and wake p re s su res .  The o u t p u t  s i g n a l s  from t h e  t h r e e  t r a n s d u c e r s  
used to measure t h e  wake  p r e s s u r e s  were filtered with 20-Hz low-pass f i l t e r s  
be fo re  i n p u t  to t h e  data a c q u i s i t i o n  system as a resu l t  of a previous experi-  
mental de t e rmina t ion  of accep tab le  s i g n a l  r ise t i m e .  
was 2etermined p r i o r  t o  each run with t h e  use of an incl inometer .  
Geometric ang le  of a t tack 
Tests and Methods 
The tests c a r r i e d  o u t  i n  t h e  Langley 6- by 28-inch t r a n s o n i c  t u n n e l  were 
made a t  a c o n s t a n t  s t a g n a t i o n  p r e s s u r e  a t  Mach numbers from 0.35 to 0.90. 
These c o n d i t i o n s  r e s u l t e d  i n  Reynolds numbers of 4.8 x 106 and 9.4 x 106 a t  
t he  lowest and h i g h e s t  test  Mach numbers, r e spec t ive ly .  Geometric ang le s  of 
at tack ranged from -4.0° to  14.0°, a t  2.0° increments a t  t h e  lower t e s t  Mach 
numbers; t h i s  range was decreased a t  the higher test Mach numbers. The air- 
f o i l  was tested with both a smooth s u r f a c e  and with a narrow s t r i p  of No .  220 
carborundum g r i t  app l i ed  to t h e  upper and lower s u r f a c e s  to assure boundary- 
l a y e r  t r a n s i t i o n .  The g r i t  s i z e  was determined by t h e  method of r e fe rence  8. 
The 1.2-m- (0.047-in.-) wide g r i t  s t r i p  was c e n t e r e d  a t  t h e  0.088 chord sta- 
t i o n ;  t h e  g r i t  coverage d e n s i t y  was about 5 to 1 0  pe rcen t .  
The tests i n  the Langley 6- by 19-inch t r a n s o n i c  tunne l  were made f o r  Mach 
numbers g e n e r a l l y  ranging from about 0.30 t o  0.90. As prev ious ly  noted, t h e  
s t a g n a t i o n  p r e s s u r e  v a r i e d  with Mach number so t h a t  t h e  Reynolds numbers ranged 
from about 2.3 to 0.8 x l o 6  a t  t h e  h i g h e s t  and lowest t e s t  Mach numbers, respec- 
t i v e l y .  Geometric a n g l e s  of a t tack  were var ied from -2.0° to 14.0°, a t  2.0° 
increments. The range of Mach numbers was decreased with inc reased  ang le  of 
attack. A t  selected a n g l e s  of at tack, test c o n d i t i o n s  were repea ted  with a 
s t r i p  of N o .  220 carborundum g r i t  app l i ed  t o  t h e  upper and lower s u r f a c e s  of 
t h e  models. The 1.2-m- (0.047-in.-) wide g r i t  s t r i p  was c e n t e r e d  a t  t h e  
0.094 chord s t a t i o n  f o r  each a i r f o i l  and the  g r i t  coverage d e n s i t y  was about 
5 to  10 pe rcen t .  
S e c t i o n  normal-force and pitching-moment c o e f f i c i e n t s  were calculated from 
Each of the p r e s s u r e  c o e f f i c i e n t s  r e p r e s e n t s  t h e  average of f i v e  
t h e  a i r f o i l  s u r f a c e  p r e s s u r e s  by a t r apezo ida l  i n t e g r a t i o n  of t he  p r e s s u r e  
c o e f f i c i e n t s .  
m a s t x e r i n t a  ob ta ined  i n  a 1 .O-sec i n t e r v a l  in  the  Langley 6- by 28-inch t r an -  
s o n i c  tunne l ,  and fou r  measurements ob ta ined  i n  a 0.5-sec i n t e r v a l  i n  t h e  
Langley 6-  by 19-inch t r a n s o n i c  tunnel. A form of t h e  equa t ion  desc r ibed  i n  
r e f e r e n c e  9 was used to  c a l c u l a t e  t h e  point-drag c o e f f i c i e n t s  from t h e  measured 
wake p r e s s u r e s ,  and a t r a p e z o i d a l  i n t e g r a t i o n  of t h e  point-drag c o e f f i c i e n t s  
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was used to calculate t h e  drag  c o e f f i c i e n t .  
wake drag c a l c u l a t i o n  were measured wi th  tunne l  sidewall o r i f i c e s  located a t  
t h e  same l o n g i t u d i n a l  t unne l  s t a t i o n  as t h e  t i p s  of t h e  tubes  on t h e  t w o  wake- 
survey probes. A l l  of t he  drag c o e f f i c i e n t s  p re sen ted  i n  t h i s  report for t h e  
d a t a  from t h e  Langley 6- by 28-inch t r a n s o n i c  tunne l  r e p r e s e n t  t h e  mean of t h e  
measurements made with fou r  total  pressure tubes  on t h e  wake-survey probe i n  
one sweep through a wake: i n  t h e  case of t h e  d a t a  from t h e  Langley 6- by 19-inch 
t ransonic  tunne l  they r ep resen t  t h e  mean of t h e  t h r e e  measurements made i n  one 
sweep through a wake.  The c o r r e c t i o n s  for l i f t  i n t e r f e r e n c e  ( r e f .  1 0 )  which 
have been app l i ed  to t h e  angles  of  attack are given by t h e  fo l lowing  equat ions :  
The s t a t i c  pressures used i n  t h e  
ac = cx + ACX 
where 
ACX = -c,(c) (0.2744) 
f o r  t h e  Langley 6- by 19-inch t r anson ic  t u n n e l ,  
ACX = -c,(c) (0.1876) 
f o r  t h e  Langley 6- by 28-inch t r anson ic  tunne l ,  and where c is i n  c e n t i -  
meters, o! is i n  degrees ,  and t h e  cons t an t  is i n  degrees  per cent imeter .  
PRESENTATION OF RESULTS 
The r e su l t s  of t h i s  i n v e s t i g a t i o n  have been reduced to c o e f f i c i e n t  form 
and are presented as follows: 
R e s u l t s  
cn p l o t t e d  a g a i n s t  tic; % and 
cd p l o t t e d  a g a i n s t  Cn 
en plsttec! against  cC; c! and 
Cd p l o t t e d  a g a i n s t  Cn; Cn, %, 
and cd  piotted agaiiist W 
_-- 
Cn,max p l o t t e d  a g a i n s t  M 
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DISCUSSION OF RESULTS 
Normal Force 
The maximum normal-force c o e f f i c i e n t s  of t h e  10-64C a i r f o i l  a t  f l i g h t  
Reynolds numbers are i n d i c a t e d  by t h e  normal-force c o e f f i c i e n t  curves  of f i g -  
u re  5 ( a )  and are s u m a r i z e d  i n  f i g u r e  10. R e s u l t s  are p resen ted  as a f u n c t i o n  
of Mach number with smooth s u r f a c e s  and with f ixed  t r a n s i t i o n  along wi th  d a t a  
for t h e  NACA 0012 a i r f o i l  measured i n  t h e  same f a c i l i t y  ( r e f .  6 ) .  With smooth 
s u r f a c e s ,  t h e  i n d i c a t e d  c ~ , ~ ~ ~  
from 0.35 to 0.54 and was s l i g h t l y  less than t h a t  of t h e  NACA 0012 a i r f o i l .  
Apparently t h e  l a r g e r  leading-edge r a d i u s  and th i ckness  of t h e  NACA 0012 a i r -  
f o i l  had a more f a v o r a b l e  in f luence  on than d i d  t h e  camber of t h e  
other  a i r f o i l .  
va r i ed  from about 1.08 to  0.89 a t  Mach numbers 
The Cn,max va lues  of t h e  10-64C a i r fo i l  a t  Mach numbers above 0.54 are 
not def ined by t h e  d a t a  of f i g u r e  5 ( a ) ,  but t h e  shape o f  t h e  curves s u g g e s t s  
t h a t  t h e  h i g h e s t  cn measured is about equal  to  Cn,max f o r  Mach numbers to  
0.68. That is, t h e  slopes o f  t he  curves approach zero a t  t h e  h i g h e s t  measured 
normal-force c o e f f i c i e n t s .  Accordingly, t h e  appears  to  dec rease  to 
about  0.85 as t h e  Mach number is inc reased  from 0.54 to 0.68. 
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The a d d i t i o n  of roughness s t r i p s  a t  8.8 p e r c e n t  chord had a small  i n f l u -  
ence a t  Cn,max with t h e  l a r g e s t  d i f f e r e n c e  observed a t  M = 0.34; a t  M = 0.34 
t h e  decrease due to  roughness was about  0.05. Apparently,  t h e  primary in f luence  
of the roughness a t  c ~ , ~ ~ ~  is to th i cken  t h e  upper s u r f a c e  boundary l a y e r  
s l i g h t l y .  Based on an a n a l y s i s  of t h e  pressure d i s t r i b u t i o n s  i n  f i g u r e  16, 
boundary-layer t r a n s i t i o n s  on t h e  upper s u r f a c e  would be expected to occur f o r -  
ward of t h e  roughness a t  
t h a t  is, t r a n s i t i o n  would be expected near t h e  m i n i m u m  pressure p o i n t  which does 
occur  forward of 8.8 pe rcen t  chord. 
cn ,max  for Mach numbers equa l  to or less than 0.64; 
An a n a l y s i s  of t h e  static-pressure d i s t r i b u t i o n s  of t h e  10-64C a i r f o i l  i n  
f i g u r e  16 (a)  i n d i c a t e s  t h a t  s t a l l  resu l t s  from t r a i l i ng -edge  s e p a r a t i o n  which 
e x i s t s  a t  Cn,max a t  a l l  Mach numbers of t h e  i n v e s t i g a t i o n .  The t r a i l i ng -edge  
s e p a r a t i o n  is i n d i c a t e d  by t h e  more nega t ive  p r e s s u r e s  a t  t h e  t r a i l i n g  edge of 
t h e  a i r f o i l .  These negat ive p r e s s u r e s  are caused by i n c r e a s i n g  CXc from 10.3O 
to  12.0° a t  M = 0.35. The static-pressure c o e f f i c i e n t  a t  0 . 0 1 0 7 ~  also became 
more negative; a more p o s i t i v e  c o e f f i c i e n t  would be expected i f  t h e  s e p a r a t i o n  
extended t o  t h e  leading-edge region.  
The s t a t i c - p r e s s u r e  d i s t r i b u t i o n s  ( f i g .  16) also i n d i c a t e  t h a t  s u p e r c r i t -  
i c a l  f low e x i s t s  a t  Cn,max f o r  a l l  Mach numbers of t h e  i n v e s t i g a t i o n .  There- 
f o r e ,  the observed decrease i n  
a t t r i b u t e d  to shock waves i n  t h e  supercritical flow reg ion  which th i ckens  t h e  
boundary l a y e r .  A t  Mach numbers of 0.43 and below, t h e r e  is supe r son ic  flow a t  
0 . 0 1 0 7 ~  and O.O237c, b u t  no t  as f a r  a f t  as 0 . 0 4 9 ~  where t h e  t h i r d  upper s u r f a c e  
o r i f i c e  is l o c a t e d .  Because only two o r i f i c e s  i n d i c a t e d  supersonic flow a t  
t h e s e  Mach numbers, it is n o t  p o s s i b l e  to  i d e n t i f y  t h e  maximum local Mach num- 
ber a t t a i n e d  or the  p r e c i s e  l o c a t i o n  of t h e  t e rmina l  shock wave. The measured 
p res su re  c o e f f i c i e n t s  do suggest  local Mach numbers as g r e a t  as 1.80 when 
boundary-layer s epa ra t ion  is f i r s t  implied by near uniform s t a t i c - p r e s s u r e  
measurements i n  t he  upper s u r f a c e  t r a i l i ng -edge  region ( f o r  example, M = 0.40 
and ciC = 10.3O). 
Cn,max with inc reased  Mach number can be 
As t h e  Mach number is inc reased  to about  0.49 and above, t h e  upper s u r f a c e  
leading-edge supercrit ical  flow region a t  ang le s  of a t tack near 
extends f a r t h e r  a f t  to a l te r  t h e  g e n e r a l  shape of t h e  p r e s s u r e - d i s t r i b u t i o n  
curves ( f i g s .  16 (d) to 16 (1)). For example, a t  a Mach number of about  0.53 
a t  0 .0107~ ;  then,  a t  Mach numbers o f  0.63 and 0.68, t h e  minimum is a t  0 .0490~ .  
A t  Mach numbers ranging from 0.49 to 0.69, t h e  maximum iocai  Mach number corre- 
sponding to t h e  f i r s t  implied boundary-layer separation ( a i r f o i l  t r a i l i n g  edge) 
is near 1.50 to 1.60. These r e s u l t s  suggest  t h a t  a lower local Mach number can 
be sus t a ined  i n  t h e  lower local cu rva tu re  region a t  t h e  l ead ing  edge. That is, 
as the terminal  shock is s h i f t e d  a f t  to where t h e  c u r v a t u r e  is decreased,  t h e  
shock s t r e n g t h  (or local Mach number) corresponding to subsequent t r a i l i n g - e d g e  
sepa ra t ion  is decreased. These r e s u l t s  r e f l e c t  t h e  advantage of a i r f o i l s  w i th  
leading-edge p res su re  peaks ( a t  subcr i t ica l  c o n d i t i o n s )  observed ear l ier  i n  
r e fe rences  11 and 1 2 .  
Cn,max 
. .  
( G ~  = jO.P), the i i i i i i i i i i x i  iiieasrir& piess*xe is i n d i ~ a t d  3t O . O 2 3 7 ~ :  i n s t e a d  ~f 
A comparison of t h e  c ~ , ~ ~ ~  d a t a  of f i g u r e  10 with d a t a  ob ta ined  a t  lower 
Reynolds numbers with t h e  10-64C a i r f o i l  ( f i g s .  6 ( a )  and 11)  shows t h e  u s u a l  
t rend of reduct ion i n  Cn,max with dec reas ing  Reynolds number. Of perhaps 
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g r e a t e r  s i g n i f i c a n c e  is t h e  r educ t ion  i n  maximum local  Mach number correspond- 
ing to  Cnlmax* An a n a l y s i s  of t h e  minimum pressure c o e f f i c i e n t s  a t  c ~ , ~ ~ ~  
shown i n  f i g u r e  18 sugges t s  t h a t  t he  maximum measured local Mach number is 
about  1.20 a t  
The s p e c i f i c  maximum Mach number cannot be defined; however, it can be con- 
cluded t h a t  t h e  s t r e n g t h  of t h e  shock wave terminat ing t h e  s u p e r c r i t i c a l  flow 
reg ion  a t  t h e  o n s e t  of t r a i l i ng -edge  sepa ra t ion  is s i g n i f i c a n t l y  decreased a t  
This  decrease would be expected because of t h e  
i n c r e a s e  i n  boundary-layer t h i ckness  with decreases  i n  Reynolds number. 
c ~ , ~ ~ ~  f o r  each free-stream Mach number between 0.34 and 0.54. 
i t h e  lower Reynolds numbers. 
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I A t  f ree-s t ream Mach numbers of 0.59 and 0.64, d a t a  were no t  measured a t  
t h e  precise ang les  of a t tack f o r  Cn,max. 1 about  1.50 can be determined for t h e  p r e s s u r e  measurements near Cn,max from ' f i g u r e s  18 (e) and 18 ( f )  . This  value is equa l  to t h a t  p rev ious ly  discussed a t  
' t he  near f l i g h t  Reynolds numbers. The reasons for t h i s  resul t  are not apparent .  
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However, local  Mach numbers to 
The comparison of Cn,max d a t a  a t  the lower Reynolds numbers f o r  t he  8-, 
lo-, and 12-percent-thick s e c t i o n s  p re sen ted  i n  f i g u r e  6 ( a )  is summarized i n  
1 f i g u r e  11 .  The f i g u r e  6 ( a )  d a t a  were obtained by cross p l o t s  of f i g u r e s  7 ( a ) ,  
8 ( a ) ,  and 9 ( a )  a t  t h e  same Mach numbers as those of f i g u r e .  5.  Figure  6 ( a )  shows 
t h a t  a t  Mach numbers below about 0.64, t h e  I t h i ckness .  An a n a l y s i s  of the  p r e s s u r e  d i s t r i b u t i o n s  a t  midrange angles  of 
I at tack shows t h a t  t h e  leading-edge minimum pres su re  c o e f f i c i e n t s  Secome less 
Cn,max inc reases  with i n c r e a s e s  i n  
negat ive and t h e  midchord minimum pressure c o e f f i c i e n t s  become more negat ive a s  
t h e  t h i c k n e s s  is increased.  This  c h a r a c t e r i s t i c  change i n  p re s su re  d i s t r i b u -  , t i o n  (with corresponding decreases  i n  maximum local Mach number) resul ts  from 
t h e  r educ t ion  i n  leading-edge cu rva tu re  ( increased leading-edge r a d i u s )  w i th  
i n c r e a s i n g  t h i c k n e s s  f o r  t h e  f ami ly  of a i r f o i l s  and permits  higher normal-force 
c o e f f i c i e n t s  a t  s t a l l .  
I The Langley 6- by 19-inch t r a n s o n i c  tunnel  d a t a  i n d i c a t e  t h a t  t h e  12-64C 
1 a i r fo i l  provides  a Cn,max of t he  1 10-64C a i r f o i l  ( f i g .  1 1 ) .  
I cambered s e c t i o n  would produce a s l i g h t l y  higher c ~ , ~ ~ ~  than t h a t  f o r  t h e  
' NACA 0012 a i r f o i l  of r e fe rence  6. (See f i g .  10.)  A s  i n d i c a t e d  p rev ious ly  i n  1 t h i s  report, t h e  maximum normal-force c o e f f i c i e n t s  are bel ieved t o  be conserva- 
5 , m a x  as much as 0.05 higher than t h e  
This  d i f f e r e n c e  suggests  t h a t  t h i s  12-percent-thick 
t i v e  but q u a l i t a t i v e l y  correct. 
I Pi t ch ing  Manent 
The pitching-moment c o e f f i c i e n t  a t  zero normal f o r c e  ( t h e  moment a b o u t  t h e  
aerodynamic c e n t e r )  of t he  10-64C a i r f o i l  is about -0.015 to  -0.020 a t  s u b c r i t -  
ical  Mach numbers f o r  t h e  near f l i g h t  Reynolds numbers ( f i g .  5 ( b ) ) .  A t  super- 
c r i t i ca l  Mach numbers (about  0.78) t h e  pitching-moment c o e f f i c i e n t  a t  ze ro  
normal force inc reased  to as much as -0.035, which is more than the  d e s i r a b l e  
a b s o l u t e  l e v e l  of 0.020 noted by some ( r e f .  13, f o r  example). Except a t  a 
free-s t ream Mach number of 0.83, t h e  slope of the pitching-mment c o e f f i c i e n t  
curves  of f i g u r e  5(b)  are p o s i t i v e  to i n d i c a t e  a forward movement of t he  cen te r  
of pressure with i n c r e a s i n g  p o s i t i v e  normal-force c o e f f i c i e n t s  and an aerody- 
namic c e n t e r  forward of t he  quarter-chord. The slopes remain near c o n s t a n t  
u n t i l  t he  onse t  of s u p e r c r i t i c a l  flow i n  t h e  forward upper s u r f a c e  region 
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( f i g .  16) .  Then, t h e  slopes increase to i n d i c a t e  t h a t  t h e  center of p r e s s u r e  
moves forward even more r a p i d l y  to near t h e  maximum normal-force c o e f f i c i e n t .  
Th i s  is caused by t h e  i n c r e a s e  i n  chordwise s u p e r c r i t i c a l  f law as shown i n  
f i g u r e  16(b) a t  aC = 6.7O and 8 .4O (Cn = 0.82 and 0.94, r e s p e c t i v e l y )  for 
example. The pitching-moment resu l t s  obta ined  wi th  t h e  t h r e e  a i r f o i l s  tested 
a t  t h e  lower Reynolds number ( f i g .  6 ( b ) )  are similar to  those  a t  t h e  f l i g h t  
Reynolds numbers. The range of  near l inear slope f o r  c,,, p l o t t e d  a g a i n s t  cn 
is increased  wi th  i n c r e a s e s  i n  t h i ckness  due to  t h e  corresponding i n c r e a s e  i n  
Cn ,max* 
Drag C o e f f i c i e n t  
The m i n i m u m  s e c t i o n  drag  c o e f f i c i e n t  of  t h e  10-64C a i r f o i l  w i th  t h e  smooth 
s u r f a c e  and near f l i g h t  Reynolds numbers ( f ig .  5 ( c ) )  is cons t an t  a t  about 0.0065 
f o r  s u b c r i t i c a l  f ree-s t ream Mach numbers (M < 0.78) and is about equa l  to t h a t  
of t h e  NACA 0012 s e c t i o n  t e s t e d  i n  t h e  same t u n n e l  ( r e f .  6 ) .  S u p e r c r i t i c a l  flow 
began t o  develop a t  a Mach number of about  0.78 ( f i g .  16 (j) , ac = Oo) , and as 
indicated i n  la ter  d i scuss ion ,  drag  d ivergence  a t  near ze ro  normal-force coef-  
f i c i e n t  occur red  a t  a Mach number of about  0.83. 
The a d d i t i o n  of  a f i x e d  t r a n s i t i o n  s t r i p  tended to i n c r e a s e  t h e  minimum- 
d rag  c o e f f i c i e n t  about  0.0010 a t  t h e  lower Mach numbers due t o  earlier t r a n s i -  
t i o n  and/or th ickening  of t h e  t u r b u l e n t  boundary l a y e r .  A t  f ree-s t ream Mach 
numbers above about  0.64, t h e  roughness had l i t t l e  e f f e c t  on t h e  minimum-drag 
c o e f f i c i e n t .  Apparently,  t h e  f ree-stream tu rbu lence  l e v e l  causes  boundary- 
l a y e r  t r a n s i t i o n  on t h e  smooth model to occur a t  t h e  same l o c a t i o n  as t h e  
t r a n s i t i o n  s t r i p  so t h e  a d d i t i o n  of roughness had l i t t l e  i n f l u e n c e  on t h e  
drag  coefficient.  An i n c r e a s e  i n  f ree-s t ream turbulence  l e v e l  w i t h  i n c r e a s e s  
i n  Reynolds numbers above 6 x lo6 has been i n d i c a t e d  by unpublished drag- 
coefficient data from t h e  Langley 6- by 28-inch t r a n s o n i c  tunnel .  
A t  t h e  lower Reynolds numbers (Langley 6- by 19-inch t r a n s o n i c  t u n n e l ) ,  
t h e  minimum-drag c o e f f i c i e n t  of  t h e  10-64C a i r f o i l  was near 0.0050 a t  t h e  sub- 
c r i t i c a l  Mach numbers ( f i g .  6 ( c ) ) ,  a p p a r e n t l y  due to more e x t e n s i v e  laminar  
f l o w .  The a d d i t i o n  of roughness ( f i g .  8 ( c ) )  e l imina ted  t h e  laminar f l aw  
behind the  roughness and caused t h e  minimum drag to i n c r e a s e  s u b s t a n t i a l l y .  
S imi la r  r e s u l t s  were obta ined  wi th  t h e  8- and 12-percent-thick a i r f o i l s  
( f i g s .  i ic j  and S i c j j .  
The maximum ratios of  normal f o r c e  to drag  of t h e  10-64C a i r f o i i  a t  near 
f u l l - s c a l e  Reynolds numbers as determined from t h e  d a t a  o f  f i g u r e  5 ( c )  are pre- 
sen ted  i n  f i g u r e  12. 
of NACA 0012 a i r f o i l  data ob ta ined  wi th  t h e  same f a c i l i t y  and test  techniques  
(ref.  6 ) .  A t  Mach numbers from about 0.35 to 0.43, t h e  10-64C a i r f o i l  provides 
a maximum i n d i c a t e d  normal-force-drag r a t io  of  about  101 compared to about 85  
t o  93 for t h e  NACA 0012 a i r f o i l .  An a n a l y s i s  of t h e  pressure d i s t r i b u t i o n s  has  
been made ( f igs .  16 (a )  to 1 6 ( c ) ,  and ref.  6) a t  t h e  respective (Cn/cd)max. I t  
was determined t h a t  s u p e r c r i t i c a l  f l aw  e x i s t s  f o r  t h e  10-64C a i r f o i l  a t  Mach 
numbers from 0.35 to  0.43; for t h e  NACA 0012 a i r f o i l ,  s u p e r c r i t i c a l  flow e x i s t s  
a t  a t e s t  Mach number of 0.44 bu t  no t  a t  0.35 or 0.40. I t  appears t h a t  t h e  
add i t ion  of camber has  a more s i g n i f i c a n t  i n f l u e n c e  on t h e  
An eva lua t ion  of  t h e s e  r e su l t s  can be made by comparison 
cn/cd ra t io  than  
1 2  
does t h e  s u p e r c r i t i c a l  f lw,  so the  10-64C s e c t i o n  provides t h e  g r e a t e r  
(Cn/Cd)max a t  t h e s e  Mach numbers. A t  Mach numbers of 0.49 and 0.54, t h i s  
r e l a t i o n s h i p  between camber and s u p e r c r i t i c a l  flow appa ren t ly  r e v e r s e s  so the  
NACA 0012 a i r f o i l  provides  the  higher r a t i o .  A t  a Mach number of about  0.59 
and above, t he  camber i n c r e a s e s  t h e  loading i n  t h e  midchord r eg ion  (compared 
to t h e  NACA 0012 a i r f o i l )  s u f f i c i e n t  to  cause t h e  10-64C a i r f o i l  to again 
provide a g r e a t e r  (Cn/cd)max than  t h e  NACA 0012 a i r f o i l ,  al though t h e  cor- 
responding local Mach numbers are g r e a t e r  for  t h e  cambered a i r f o i l .  The same 
t r e n d s  were observed when t r a n s i t i o n  had been f i x e d  ( f i g .  1 2 ) .  The curve f o r  
the  cambered a i r f o i l  with f i x e d  t r a n s i t i o n  is not  extended beyond M = 0.6 
because fewer data p o i n t s  were recorded w i t h  f i x e d  t r a n s i t i o n .  However, t h e  
data o f  f i g u r e  5 ( c )  sugges t  t h a t  the cn/cd r e l a t i o n s h i p  between t h e  smooth 
and f i x e d  t r a n s i t i o n  c o n f i g u r a t i o n s  is no t  s i g n i f i c a n t l y  changed a t  Mach num- 
b e r s  above 0.6.  A t  t h e  lower Reynolds numbers, t h e  t h i c k e r  boundary l a y e r  
caused a g e n e r a l  r educ t ion  i n  (Cn/cd)max for t h e  10-64C a i r f o i l  a t  f r ee -  
stream Mach numbers belaw about  0.74 .  (Compare f i g s .  12 and 13.)  The cu rves  
i n t e r s e c t  a t  a Mach number of about 0.74; the reasons f o r  t h i s  are unknown. 
I n c r e a s i n g  t h e  thickness-to-chord r a t i o  from 0.08 to 0 . 1 0  to 0.12  cont in-  
uously i n c r e a s e s  
A t  a Mach number of about  0.80, t h e  th inne r  a i r f o i l  provides  t h e  higher  
(Cn/cd)max because t h e  drag divergence Mach number is higher than t h a t  f o r  
t he  t h i c k e r  a i r fo i l .  
(Cn/cd)max e x c e p t  a t  Mach numbers of about 0.74 and 0.80. 
The drag c o e f f i c i e n t s  of f i g u r e  5 ( c )  were c ros s -p lo t t ed  as a f u n c t i o n  of 
Mach number a t  cons t an t  normal-f orce c o e f f i c i e n t s  to  determine drag divergence 
( f i g .  1 4 ) .  Drag divergence is de f ined  herein as t h e  free-s t ream Mach number 
a t  which dcd/dM = 0.1.  D a t a  for the  a n a l y t i c a l l y  def ined curve ( r e f .  1 )  f o r  
t h i s  a i r f o i l  are included f o r  comparison. The f i g u r e  shows t h a t  t h e  a n a l y t i c a l  
resu l t s  are conse rva t ive  with respect to (1)  drag divergence Mach number a t  a 
c o n s t a n t  cn or (2) conse rva t ive  with respect to  cn a t  a given drag d ive r -  
gence Mach number. The displacement o f  the a n a l y t i c a l  and experimental  r e s u l t s  
can be exp la ined  as f o l l w s .  The o n s e t  of t h e  drag rise g e n e r a l l y  occurs imme- 
d i a t e l y  a f t e r  t h e  supercrit ical  f l w  reg ion  moves a f t  of t h e  a i r f o i l  crest; 
t h a t  is, immediately a f t e r  t h e  crest Mach number reaches 1 .O.  However, a 
s l i g h t l y  higher Mach number is requ i r ed  to cause t h e  rate of change i n  drag 
with Mach number to equa l  0.1: t h i s  causes t h e  experimental  curves  to be 
s h i f t e d  accordingly.  For example, i n t e r p o l a t i o n  of t h e  p r e s s u r e  c o e f f i c i e n t s  
for 
crest ( d e f i n i t i o n  of drag divergence f o r  a n a l y t i c a l  approach) a t  a Mach number 
of about  0.77.  This  compares to M = 0.78 pred ic t ed  a n a l y t i c a l l y  ( f i g .  1 4 ) .  
The normal-force c o e f f i c i e n t  corresponding t o  QC = Oo 
( f i g .  5 ( a ) ) ,  and, a t  c, = 0.12 ,  Cd is near c o n s t a n t  a t  Mach numbers up to 
0.77.  Then Cd i nc reased  about  0.0030 between t h e  Mach numbers of 0.77  and 
0.83 (Acd/AM = 0.050) to i n d i c a t e  t h e  o n s e t  of t h e  drag rise. The cross plot 
of Cd as a f u n c t i o n  of Mach number ind ica t ed  dcd/dM = 0.1 (which d e f i n e s  
d rag  divergence)  a t  M = 0.83 and c, = 0.12. 
Qc = Oo i n  f i g u r e s  1 6 ( i )  and 1 6 ( j )  suggests  s o n i c  f l w  a t  t h e  a i r f o i l  
is about  0.12  
Another factor,  which is probably l ess  s i g n i f i c a n t ,  c o n t r i b u t e s  to  t h e  
d i f f e r e n c e  i n  t h e  experimental  and a n a l y t i c a l  normal-force c o e f f i c i e n t s  f o r  
drag divergence.  The l i f t  c o e f f i c i e n t  i n  the  a n a l y s i s  is assumed to i n c r e a s e  
wi th  Mach number according to t h e  Prandt l -Glauert  f a c t o r .  Experimentally,  t h e  
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i n c r e a s e  can be more r a p i d  than p r e d i c t e d  because of t he  supercrit ical  flow. 
For example, t he  r e s u l t s  a t  Ctc = Oo and M = 0.74 to M = 0.84 sugges t  an 
i n c r e a s e  i n  cn about 0.03 g r e a t e r  than t h a t  predictable by t h e  Prandt l -Glauert  
f a c t o r .  This i n c r e a s e  causes t h e  experimental  data p o i n t s  to be p r o p o r t i o n a l l y  
h i g h e r ,  and inc reases  t h e  d i f f e r e n c e s  between a n a l y s i s  and experiment. Data for 
other  a i r f o i l s  ( r e f .  1 1  ) sugges t  d i f f e r e n c e s  i n  P r a n d t l - G l a u e r t  e x t r a p o l a t i o n s  
of low-speed data and experimental  l i f t  c o e f f i c i e n t s  as g r e a t  as 0.10. 
The a n a l y t i c a l  and experimental  curves  of f i g u r e  14 i n t e r s e c t  a t  a cn of 
0.78 and a Mach number of 0.65. Experimental  data were not  obtained a t  t he  
p r e c i s e  point .  However, the decrease i n  slope of t h e  normal-force curve 
( f i g .  5 ( a ) )  a t  t h i s  normal-force c o e f f i c i e n t  a t  M = 0.64 sugges t s  s e p a r a t i o n ,  
and the  p re s su re  d i s t r i b u t i o n  f o r  cn = 0.83 ( f i g .  16(g), Ctc = 6.8O) s u g g e s t s  
boundary-layer s e p a r a t i o n  a t  95 percen t  chord. A s  d iscussed i n  more d e t a i l  i n  
r e fe rence  1, t he  a n a l y t i c a l  model of t h e  pressure d i s t r i b u t i o n s  does not account 
f o r  boundary-layer s e p a r a t i o n .  Therefore ,  t h e  p r e d i c t e d  drag divergence Mach 
numbers are not va l id .  
The in f luence  of boundary-layer s e p a r a t i o n  is also shown i n  f i g u r e  15 by 
t h e  lower Reynolds number data f o r  t h e  10-64C a i r f o i l .  Here t h e  analyses  and 
experimental  data curves i n t e r s e c t  a t  a normal-force c o e f f i c i e n t  of about 0.60, 
apparent ly  because of ear l ier  boundary-layer s e p a r a t i o n  a t  t h e  lower Reynolds 
number. A t  a c o n s t a n t  normal-force c o e f f i c i e n t  below about 0.6, t h e  comparison 
between experiment and a n a l y s i s  f o r  i n c r e a s i n g  drag divergence Mach number w i t h  
decreases  i n  thickness-to-chord ra t ios  is i n  s u b s t a n t i a l  agreement. The curves 
of f i g u r e  15 are d i s p l a c e d  f o r  t h e  reasons p r e v i o u s l y  d i scussed .  Even wi th  t h e  
displacement considered,  it can be seen t h a t  t h e  r e l a t i v e  normal-force-drag- 
divergence-Mach-number c h a r a c t e r  istics of t h e  a i r f o i l s  can be p r e d i c t e d  for t h e  
boundary-layer s e p a r a t i o n  f o r  f ree-s t ream c o n d i t i o n s .  
CONCLUS IONS 
Three h e l i c o p t e r  rotor a i r f o i l s  designed a n a l y t i c a l l y  have been i n v e s t i -  
gated i n  a wind tunne l  a t  Mach numbers from about  0.30 t o  0.90, and a t  Reynolds 
numbers from about 0.8 to 2.3 x lo6. 
of 0.08, 0.10, and 0.12 with maximum t h i c k n e s s  a t  40 p e r c e n t  chord. The camber 
d i s t r i b u t i o n  o f  each s e c t i o n  was t h e  same wi th  maximum camber a t  35 p e r c e n t  
chord. The 10-percent-thick a i z E e i l  was also invostiqated at R.eynolds numbers 
fran 4.8 to 9.4 x lo6. 
conclusions : 
The a i r f o i l s  had thickness-to-chord ra t ios  
Analysis  of t h e  test  data has resu l ted  i n  t h e  fol lowing 
1. The experimental  drag divergence Mach number of t he  10-64C a i r f o i l  is 
about 0.83 a t  a normal-force c o e f f i c i e n t  of 0 and about 0.72 a t  a normal-force 
c o e f f i c i e n t  of 0.6 a t  Reynolds numbers near 9 x lo6. 
2. The maximum normal-force c o e f f i c i e n t  of t h e  10-64C a i r fo i l  is s l i g h t l y  
less than t h a t  of t h e  NACA 0012 a i r f o i l  tested i n  t h e  same f a c i l i t y  a t  near 
f l i g h t  Reynolds numbers. 
3 .  The d rag  divergence Mach number f o r  s e p a r a t i o n  free f law showed t h e  
usua l  increase with decreases i n  thickness-to-chord ra t io;  t h e  u s u a l  i n c r e a s e  
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i n  maximum normal-force c o e f f i c i e n t  was observed wi th  i n c r e a s e s  i n  thickness-  
to-chord ra t io .  
4. A q u a l i t a t i v e  i n d i c a t i o n  of differences i n  t h e  d rag  divergence charac- 
ter is t ics  of a i r f o i l s  a t  selected normal-force c o e f f i c i e n t s  can be made by 
a n a l y t i c a l l y  p r e d i c t i n g  t h e  o n s e t  of s o n i c  flaw a t  t h e  a i r f o i l  crest. Th i s  
approach is v a l i d  if t h e  a i r f o i l  is f ree  of boundary-layer s e p a r a t i o n  so t h a t  
t h e  p r e d i c t e d  pressure d i s t r i b u t i o n s  are valid.  
5. The a n a l y t i c a l  p r e d i c t i o n s  of drag divergence are conse rva t ive  wi th  t h e  
experimental  drag divergence Mach number up to  0.05 higher  than t h e  correspond- 
i n g  a n a l y t i c a l  value.  Th i s  d i f f e r e n c e  can be exp la ined  on t h e  basis of t h e  
d e f i n i t i o n  of drag divergence Nach number applied.  
Langley Research Center 
Na t iona l  Aeronaut ics  and Space Administration 
Hampton, VA 23665 
March 2, 1979 
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TABLE I.- DESIGN COORDINATES FUR 08-64C AIRFOIL 
[ S t a t i o n s  and ord inates  g iven  i n  percent a i r f o i l  chord] 
S t a t i o n s  
0.000 
.034 
1.016 
1.152 
2.391 
3.808 
4.891 
5.744 
7.386 
8.01 0 
9.887 
13.206 
14.904 
19.927 
22.293 
24.952 
28.937 
29.976 
32.348 
35.000 
40.002 
46.380 
50.048 
57.368 
60.058 
64.943 
70.053 
76.51 6 
80.040 
84.332 
90.022 
92.1 85 
95.01 1 
96.105 
100.000 
~ ~~~~~ 
Upper sur f  ace 
0.000 
.700 
1.245 
1.308 
1.830 
2.245 
2.506 
2.689 
2.993 
3.099 
3.383 
3.791 
3.968 
4.387 
4.538 
4.679 
4.838 
4.870 
4.929 
4.971 
4.986 
4.887 
4.776 
4.437 
4.278 
3.947 
3.543 
2.950 
2.590 
2.116 
1.430 
1.153 
.778 
.629 
.080 
Stat  i o n s  
0.000 
.034 
1.016 
1.348 
2.609 
3.808 
5.1 09 
5.744 
7.61 4 
8.01 0 
10.11 3 
13.206 
15.096 
20.073 
22.293 
25.048 
28.937 
30.024 
32.348 
35.000 
39.980 
46.380 
49.952 
53.656 
59.941 
64.943 
69.947 
76.51 6 
79.960 
84.332 
89.978 
92.1 85 
94.989 
96.1 05 
1 00.000 
Lower sur face  
0.000 -. 585 -. 975 
-1.088 
-1 .424 
-1.666 
-1.836 
-1.91 2 
-2.087 
-2.1 20 
-2.263 
-2.424 
-2.506 
-2.672 
-2.734 
-2.801 
-2.881 
-2.900 
-2.937 
-2.971 
-3.01 4 
-3.01 9 
-2.994 
-2.946 
-2.809 
-2.642 
-2.427 
-2.065 
-1.842 
-1.524 
-1.060 
-.861 
-.596 -. 485 -. 080 
1 7  
TABLE 11.- DESIGN COORDINATES FOR 10-64C AIRFOIL 
[ S t a t i o n s  and o r d i n a t e s  g iven  i n  p e r c e n t  a i r f o i l  chord] 
S t a t i o n s  
0.000 
.355 
1 .128 
2.363 
3.836 
4.864 
5.766 
7.357 
8.022 
9.859 
13.226 
14.879 
16.1 15 
19.908 
22.385 
24.940 
29.970 
32.544 
34.999 
40.024 
46.674 
50.060 
53.964 
60.073 
€5.212 
70.066 
76.700 
80.050 
84.428 
90.028 
92.202 
95.014 
100.000 
Upper s u r f a c e  
0.000 
.910 
1.611 
2.241 
2.754 
3.053 
3.282 
3.632 
3.759 
4.091 
4.569 
4.779 
4.907 
5.271 
5.448 
5.614 
5.842 
5.909 
5.964 
5.986 
5.860 
5.747 
5.551 
5.164 
4.145 
4.288 
3.556 
3.144 
2.560 
1.742 
1.045 
.949 
.loo 
S t a t  ions 
0.000 
.355 
1.373 
2.637 
3.836 
5.1 36 
5.766 
7.643 
8.022 
10.141 
13.226 
15.121 
16.1 15 
20.092 
22.385 
25.060 
30.030 
32.544 
35.001 
39.976 
46.674 
49.940 
53.964 
59.927 
65.21 2 
69.934 
I O .  -Inn I U U
79.950 
84.428 
89.972 
92.202 
94.986 
1 00.000 
Lower s u r f a c e  
~~ 
0.000 -. 737 
-1.391 
-1.835 
-2.1 32 
-2.383 
-2.478 
-2.726 
-2.769 
-2.971 
-3.205 
-3.31 7 
-3.373 
-3.356 
-3.648 
-3.737 
-3.872 
-3.925 
-3.964 
-4.014 
-4.004 
-3.965 
-3.884 
-3.695 
-3.450 
-3.1 72 
-2.396 
-1.970 
-1.372 
-1.112 -. 767 
-.loo 
-9 c 7 c  
& . U , U  
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TABLE 111.- DESIGN COORDINATES FOR 12-64C AIRFOIL 
[ S t a t i o n s  and o r d i n a t e s  g iven  i n  percent  a i r f o i l  chord] 
S t a t  i on s 
0.000 
.340 
1.1 03 
2.336 
3.783 
4.837 
5.691 
7.328 
9.831 
14.855 
19.890 
24.928 
29.964 
34.999 
40.029 
46.821 
50.072 
54.1 38 
60.087 
65.390 
70.079 
76.819 
80.060 
84.519 
90.033 
95.017 
100.000 
Upper s u r  f ace  
0.000 
1.120 
1 .go9 
2.665 
3.272 
3.595 
3.857 
4.266 
4.796 
5.588 
6.1 52 
6.549 
6.81 3 
6.957 
6.986 
6.849 
6.71 7 
6.492 
6.050 
5.555 
5.035 
4.1 66 
3.697 
2.999 
2.053 
1.121 
.120 
Sta t ions  
0.000 
.340 
1.397 
2.664 
3.783 
5.1 63 
5.691 
7.672 
10.1 69 
15.1  44 
20.11 0 
25.072 
30.036 
35.001 
39.971 
46.821 
49.928 
54.1 38 
59.91 3 
65.380 
69.921 
76.81 9 
79.940 
84.51 9 
89.967 
94.983 
100.000 
-. 
Lower s u r f  ace 
0.000 
-1.485 
-1.689 
-2.240 
-2.591 
-2.925 
-3.01 7 
-3.360 
-3.676 
-4.1 26 
-4.438 
-4.672 
-4.843 
-4.957 
-5.01 4 
-4.989 
-4.936 
-4.821 
-4.580 
-4.256 
-3.91 9 
-3.285 
-2.950 
-2.41 0 
-1.683 
-.939 
-.120 
1 9  
TABLE 1V.- STATIC-PRESSURE ORIFICE LOCATIONS FOR 08-64C AIRFOIL 
[Locations given i n  percent a i r f o i l  chord] 
Upper surface station 
1.23 
2.41 
4.95 
7.47 
9.99 
15.02 
20.03 
25.04 
30.05 
35.06 
40.08 
45.07 
50.09 
55.08 
60.08 
65.09 
70.07 
75.09 
80.11 
85.11 
90.1 1 
95.07 
Lower surface station 
1.30 
2.47 
5.04 
7.53 
10.05 
15.06 
20.05 
25.05 
30.06 
35.07 
40.07 
45.06 
50.08 
55.09 
60.08 
65.1 0 
70.1 0 
75.11 
80.1 1 
85.? 1 
90.11 
95.05 
TABLE V.- STATIC-PRESSURE ORIFICE LOCATIONS FOR 10-64C AIRFOIL 
[Locat ions g iven  i n  percent  a i r f o i l  chord] 
Upper s u r f a c e  s t a t i o n  
1.07 
2.37 
4.90 
7.38 
9.94 
14.96 
19.95 
24.97 
30.02 
35.08 
39.99 
44.99 
50.02 
55.02 
59.98 
65.09 
70.02 
75.03 
80.04 
85.03 
90.04 
95.04 
Lower surf ace s ta t  ion  
1.17 
2.44 
4.95 
7.51 
10.03 
15.09 
20.04 
25.04 
30.09 
35.07 
40.06 
45.05 
50.06 
55.11 
60.06 
65.06 
70.05 
75.1 0 
80.07 
85.09 
90.1 0 
95.1 0 
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TABLE VI.- STATIC-PRESSURE ORIFICE LOCATIONS FOR 12-64C A I R F O I L  
[Locat ions g iven  i n  p e r c e n t  a i r f o i l  chord] 
1 
Lower s u r f a c e  s t a t i o n  
1 . l l  
2.41 
4.92 
7.45 
9.95 
14.99 
20.02 
25.02 
30.07 
35.09 
40.1 0 
45.1 1 
50.20 
55.1 5 
60.1 8 
65.20 
70.23 
75.09 
80.24 
a;. 26 
Upper s u r f a c e  s t a t i o n  
1.23 
2.39 
4.85 
7.41 
9.92 
14.95 
20.00 
25.04 
30.05 
35.07 
40.08 
45.1 0 
50.1 3 
55.1 5 
60.1 8 
65.20 
70.23 
75.23 
80.26 
90.20 
95.34 
85. z i  I 
22 
I 
10-64C 
...-- - ___ I -  - -  
12-64C 
Figure 1 .- A i r f o i l  p r o f i l e s .  
23 
e 
24 
m 
a, 
c 
-4 
4 
c a s 
z 
a c a 
0 
-4 
JJ 
3 
P 
-4 
& 
x m  
-4 a 
m m 
a, 
c 
Y u 
-4 c 
e, 
4 
-4 
0 
VI 
LI 
-4 
e J J  
4 
'. 
(Y 
C' 
LI 
3 
4 
Er 
-l l  
Li 
- 
r 
I' 
I 
I 
I 
I 
I 
I 
L 
- 
4 
7 
25 
0.953 (0.375) 
-- - f 
L 
9.398 (3.700) 
k5.080 (2 .OOO)d  
2.540 (1.000) w 
Figure 4.- Wake-survey probe used in Langley 6- by 28-inch 
All dimensions in centimeters (inches). 
transonic tunnel. 
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(b) Section pitching-moment coefficient. 
Figure 5.- Continued. 
28 
( c )  Sect ion drag c o e f f i c i e n t .  
Figure 5.- Concluded. 
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(b) Section pitching-moment coefficient. 
Figure 6.- Continued. 
31 
C 
cn 
(c) Section drag coefficient. 
Figure 6.- Concluded. 
(a) Section normai-force coefficient. 
Figure 7.- Aerodynamic characteristics of 08-64C airfoil measured in 
Langley 6- by 19-inch transonic tunnel. 
model surface smooth; centered symbols indicate transition fixed. 
Open symbols indicate 
33 
(b) Section pitching-moment coefficient. 
Figure 7.- Continued. 
34 
( c )  Sect ion  drag c o e f f i c i e n t .  
Figure 7.- Concluded. 
35 
I 
(a) Sect ion normal-f orce coefficient. 
Figure 8.- Aerodynamic characteristics of 10-64C airfoil measured in 
Langley 6- by 19-inch transonic tunnel. 
model surface smooth; centered symbols indicate transition fixed. 
Open symbols indicate 
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(b) S e c t i o n  pitching-moment c o e f f i c i e n t .  
Figure 8.- Continued. 
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(c) Section drag coefficient. 
Figure 8.- Concluded. 
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(a) Section normal-force coefficient. 
Figure 9.- Aerodynamic characteristics of 12-64C airfoil measured in 
Langley 6- by 19-inch transonic tunnel. Open symbols indicate 
model surface smooth; centered symbols indicate transition fixed. 
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(b) Section pitching-moment coefficient. 
Figure 9.- Continued. 
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(c) Section drag coefficient. 
Figure 9.- Concluded. 
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Figure 14.- Comparison of analytical and experimental variation 
of 10-64C airfoil section normal-force coefficient with drag 
divergence Mach number (R = 4.8 to 9.4 x 1 0 6 )  . 
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Figure 15.- Comparison of analytical and experimental variation 
of section normal-force coefficient with drag divergence 
Mach number (R = 1.2 to 2.3 x 1 0 6 ) .  
Langley 6- by 19-inch transonic tunnel. 
Data obtained in 
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4 deg ac M 
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x /c 
( a )  M - 0.34;  R - 4 .8  x lo6. 
Figure 16.- Pressure d i s t r i b u t i o n  over 10-64C a i r f o i l  measured 
i n  Langley 6- by 28-inch transonic  tunne l .  Open symbols 
i n d i c a t e  model surf  ace smooth; centered symbols i n d i c a t e  
lower sur f  ace. 
(b) M = 0.40; R = 5.5 x l o 6 .  
Figure 16.- Continued. 
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X/C 
(c) M = 0.43; R = 5.9 x l o 6 .  
F igu re  16.- Continued. 
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0 .I .2 . 3  .4 .5 .6 .7 .a .9 
x/= 
(d)  M IJ 0.49; R = 6.5 x l o 6 .  
F igure  16.- Continued. 
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(e) M - 0.54; R - 7.1 x lo6.  
F i g u r e  16.- Continued. 
52 
x /c 
(f) M - 0.59; R 7 . 6  X l o 6 .  
Figure 16.- Continued. 
53 
54 
x/c 
(9) M = 0.64;  R FJ 7 . 9  x I O 6 .  
Figure 16.-  Continued. 
55 
x /c 
( i )  M - 0 .74;  R 8 . 6  x l o 6 .  
Figure 16.-  Continued. 
Cj) M L* 0.78; R 8.8 x l o6 .  
Figure 16 .- Continued. 
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58 
59 
x/c 
(a) M = 0.40;  R = 1 . 0  x l o 6 .  
Figure 17 .- Pressure d i s t r i b u t i o n  over 08-64C a i r f o i l  measured i n  Langley 
6- by 19-inch t ranson ic  tunnel .  open symbols i n d i c a t e  model surface 
smooth: centered symbols i n d i c a t e  lower s u r f a c e .  
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x/c 
(b) M N 0.47; R - 1.1 x l o6 .  
Figure 17 .- Continued. 
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0 
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4 A 
x/c 
(d)  M - 0.54; R - 1 , 4  X I O 6 .  
Figure 1 7 . -  Continued. 
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Figure 17 .- Continued. 
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(f) M = 0.65; R 1.7 X l o 6 .  
Figure 17.- Continued. 
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x/c 
(9) M = 0.70; R = 1 . 7  x l o 6 .  
Figure 17.-  Continued. 
x/c 
(h) M = 0.75; R = 1.9  x l o 6 .  
Figure 17.- Continued. 
67 I 
x/c 
(i) M - 0.79; R = 2.0 x 106. 
Figure 17.- Continued. 
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O 0.0 -0-'4 =85 
(j) M - 0.85; R - 2 .1  x l o 6 .  
Figure 17 .- Continued. 
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x/c 
(k) M - 0.90; R - 2 . 2  x l o 6 .  
Fiqure 17.- Concluded. 
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Figure 18 .- Pressure d i s t r i b u t i o n  over 10-64C a i r f o i l  measured i n  
Langley 6- by 19-inch t ranson ic  tunnel.  
i n d i c a t e  lawer sur f  a c e .  
Centered symbols 
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(b) M - 0.47; R - 1.1 x l o 6 .  
Figure 18 .- Continued. 
x/c 
(c) M .I 0.50; R = 1 . 2  x ;(is. 
Figure 18.- Continued. 
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a&g a M 
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(a) M = 0.55; R = 1.4 x l o 6 .  
Figure 18 .- Continued. 
x/c 
( e )  M = 0.6G; R = 1.5 x 106.  
Figure 18 .- Continued. 
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x/c 
(f) M - 0.65; R - 1.7 X l o 6 .  
Figure 18.- Continued. 
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x/c 
(h)  M - 0.75; R = 1.9 x l o 6 .  
Figure  18.- Continued. 
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x/c 
(i) M - O,SO; R = 2.0 x 106. 
Figure 18.- Continued. 
79 
x/c 
(j) M - 0.85; R = 2.1 x l o 6 .  
Figure 18.- Continued. 
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x/c 
(k) M = 0.90; R 2.2 X ;a6. 
Figure 18 .- Concluded. 
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( a )  M - 0.40;  R - 1 .0  x l o 6 .  
Figure 19 .- Pressure d i s t r i b u t i o n  over 12-64C a i r f o i l  measured 
i n  Langley 6- by 19-inch t ranson ic  tunnel .  
i n d i c a t e  lower s u r f a c e .  
Centered symbols 
82 
x/c 
(b) M - 0.46; R 1.1 X l o 6 .  
Figure 19.- Continued. 
83 
x/c 
(c) M - 0.50; R - 1 . 2  x l o 6 .  
Figure 19.- Continued. 
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id) M cu 0.54; R I* 1 . 4  X l o 6 .  
Figure 19 .- Continued. 
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x/c 
(e) M - 0.60; R - 1.5 x 106. 
Figure  19.- Continued. 
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87 
x/c 
(9) M = 0.69; R - 1 . 8  x l o 6 .  
Figure 19.- Continued. 
88 
x/c 
(h) M .r 0.75; R = 1.9 x i o s .  
Figure 19.- Continued. 
89 
x/c 
( i )  M - 0.79;  R - 2.0 x 106. 
Figure 19.-  Continued. 
90 
x/c 
(j) M = 0.85; R 2.1 x 1 6 .  
Figure 19.- Continued. 
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M 
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0.1 0-2 *89 
I .9 
(k) M - 0.89; R = 2.2 x l o 6 .  
Figure 19.- Concluded. 
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